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Abstract — Potentially hazardous objects (PHOs) rep-
resent a significant natural threat to Earth, par-
ticularly in late-warning scenarios where detection
occurs only months or a few years before a pos-
sible impact. Since conventional reactive missions
may require several years, pre-deployed Kinetic im-
pactors on suitable Earth-Moon parking orbits of-
fer a promising alternative, enabling rapid departure
once a hazardous object is identified. This work inves-
tigates candidate periodic orbits in the Earth—-Moon
system and optimizes bi-impulsive escape transfers
for such a pre-deployed impactor. The dynamics are
modeled in the Circular Restricted Three-Body Prob-
lem, and escape trajectories are optimized and prop-
agated up to a switching surface (SW). The resulting
departure conditions are then patched with heliocen-
tric transfers toward two fictitious PHOs, introduced
as representative test cases. Patching is enforced in
terms of epoch and outgoing velocity and position
at the SW. Overall, the study assesses Earth—-Moon
parking orbits and bi-impulsive escape paths for pre-
deployed kinetic impactors, highlighting trade-offs
between departure efficiency, station-keeping cost,
and reachability of representative fictitious PHAs un-
der constrained time and propellant budgets.

[. INTRODUCTION

Modern planetary-defense efforts began in the early
1990s with the Spaceguard Survey, formalizing the need
for systematic discovery and cataloging of near-Earth ob-
jects (NEOs) as a first step toward impact mitigation
[1]. Among the overall NEO population, potentially
hazardous objects (PHOs) represent a major concern for
planetary-defense applications, due to their close orbital
approaches to Earth and sizes capable of causing se-
vere effects in case of impact [2]. Despite the signifi-
cant progress achieved by current survey programs, the
known NEO population remains incomplete, with recent
estimates indicating a completeness of only about 38%
for the objects of interest [3].

Among current planetary-defense techniques, NASA’s
Double Asteroid Redirection Test (DART) demonstrated
the viability of the kinetic-impactor approach by alter-
ing the orbital motion of a small asteroid through a high-

velocity spacecraft impact. However, its practical ef-
fectiveness relies on sufficient warning time, as mis-
sion design and deflection prediction may require sev-
eral years, preferably decades [4]; moreover, for larger
objects, the effectiveness of a single Earth-launched im-
pactor is limited by launch-capability mass constraints.
Consequently, in late-discovery scenarios, where a PHO
on an Earth-impacting trajectory is discovered only a
few years or months before the impact, kinetic-impactor
strategies, as conventionally conceived, may not provide
sufficient response time. This motivates the investiga-
tion of architectures in which part of the response capa-
bility is prepared before the threat is identified.

One promising option is to pre-deploy one or more ki-
netic impactors in the Earth-Moon environment and
keep them in a long-term parking orbit, ready to rapidly
leave the system once a hazardous object is detected. In
this context, an effective staging orbit should combine fa-
vorable stability properties with accessible escape oppor-
tunities, allowing the spacecraft to remain on orbit for an
unknown amount of time with the lowest possible station-
keeping cost, while still being able to efficiently leave
the Earth—-Moon system to intercept the threat. There-
fore, the problem consists not only in the design of the
heliocentric leg to the asteroid, but also in its integration
with the selection of a suitable parking orbit and the op-
timization of the associated escape trajectory.

Previous studies have already analyzed the possibility to
exploit the lunar and cislunar environments for planetary-
defense outposts [5—7] as well as the concept of parking
a spacecraft while waiting for an unknown target to be in-
tercepted [8]. However these works generally focus on
prescribed locations or specific orbits, selected accord-
ing to particular mission needs and constraints, and a
systematic comparison of multiple staging orbits remains
largely unexplored.

The present work addresses this gap by proposing a pre-
liminary workflow to compare candidate Earth-Moon
parking orbits for pre-deployed kinetic impactors, ac-
counting for both long-term parking capability and es-
cape opportunities. For each candidate orbit, a bi-
impulsive Earth—-Moon escape is optimized and propa-
gated up to a switching surface (SW), where it is patched
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with a heliocentric transfer toward a selected hazardous
object. The heliocentric leg is designed to provide a ki-
netic impact that maximizes the asteroid displacement at
the subsequent Earth close approach.

The paper is organized as follows. Section II introduces
the adopted dynamical framework. Section III describes
the computational approach used for orbit generation, es-
cape optimization, and heliocentric patching. The main
results are presented and discussed in Section IV, while
Section V summarizes the conclusions and possible fu-
ture developments.

II. DYNAMICAL FRAMEWORK

In this section, the dynamical models used in the work
are introduced.

A. Circular Restricted Three-Body Problem

The Earth-Moon dynamics are modeled through the
Circular Restricted Three-Body Problem (CR3BP), in
which the Earth and Moon, called the primaries, are as-
sumed to move in circular and coplanar orbits around
their common barycenter, while the spacecraft is consid-
ered to be massless and its motion to be governed only by
the primaries’ gravitational attraction. The equations of
motion are conveniently formulated in non-dimensional
form with respect to a rotating reference frame centered
at the Earth—-Moon barycenter [9]. The scaling quanti-
ties of the system are reported in Table 1. The x-axis
of the frame is oriented along the line from the Earth to
the Moon, the z-axis is orthogonal to the orbital plane of
the primaries and the y-axis completes the right-handed
triad.

Let the state vector be denoted by & € R, expressed in
Cartesian coordinates and containing the spacecraft posi-
tion and velocity, the equations of motion can be written
as & = f(x), with:
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Here, ) represents the pseudo-potential function and is
defined as:
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and m; and ms are the masses of the Earth and Moon,
respectively.

Table 1. Parameters in Earth—-Moon System

Earth—Moon CRTBP parameters
Length unit [km] 385692.5
Time unit [s] 377084.2
Earth gravitational parameter [km3/s%] | 398600.4
Moon gravitational parameter [km?/s?] | 4902.80

Mass ratio of Earth—Moon system [-] 0.012151
Earth radius [km] 6371
Moon radius [km] 1737

B.  Switching Surface

The CR3BP is adopted to model the spacecraft dynamics
within the Earth-Moon region. However, since asteroid
interception requires a heliocentric transfer, an interface
between the Earth—-Moon escape arc and the heliocentric
leg must be introduced.

Although the transition between Earth—-Moon and helio-
centric dynamics is continuous, a finite switching bound-
ary must be defined. In patched-conic approaches, the
Earth sphere of influence provides a practical surface
for this transition. Here, a larger switching surface is
adopted to define the interface in a region where the
transition to the heliocentric model is less sensitive to
local Earth-Moon dynamics. Specifically, the SW is
modeled as an Earth-centered sphere with radius Rgw =
2 x 10° km, approximately twice the classical Earth SOI
radius, following the approach adopted in [10].

C. Heliocentric Dynamics

Beyond the switching surface the motion of both the
kinetic-impactor and the asteroid is modeled through a
heliocentric two-body problem (2BP). The heliocentric
states are expressed in the Sun-centered ECLIPJ2000 in-
ertial frame, whose fundamental plane is the mean eclip-
tic plane at the J2000 epoch, with the x-axis pointing
toward the J2000 vernal equinox and the z-axis aligned
with the north ecliptic pole. The Sun is assumed to be
the only attracting body and all other masses are consid-
ered negligible. Under this assumption, the motion of a
generic body is described by

r
r He ||r||37 ( )

where r is the heliocentric position vector and pq is the
solar gravitational parameter. A more detailed treatment
of the 2BP can be found in [11].

[II. METHODOLOGY

This section presents the methodology adopted in this
work. The first part describes the generation of the park-
ing periodic orbits and the metric used to evaluate their
storage capabilities, while the second part focuses on the
optimization of the escape trajectories from the Earth—
Moon system, on its associated performance indicators
and on the adopted patching procedure. Finally, the third
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part introduces the heliocentric trajectory design toward
two fictitious hazardous-objects as test cases and defines
the kinetic impact model used to model the interception.

A. Orbits Generation and Assessment

In the CR3BP, a periodic orbit is a solution whose state
repeats itself after a finite period 7, i.e,

x(t+T)=x(t), T>0, ®)

where © = [x,y,2,4,7, 2] is the spacecraft state in
the rotating frame [12]. The numerical techniques used
to compute periodic solutions and to continue them into
families are extensively investigated in previous works
[13]. In this work, a full-state multivariate Newton
method combined with a single-shooting formulation is
adopted to enforce periodicity.

Let X € R™*! be the column vector of free variables
and F(X) € R™*! the corresponding constraints vec-
tor. The objective of the correction scheme is to drive
the constraints residuals to zero, namely

F(X)=0. (6)

At the k-th iteration, the design-variable vector is up-
dated through a Newton correction based on the con-
straints Jacobian

X1 = X, — DF(X,)F(X,), (7

where X, is the vector of free variables at k-th iter-
ation, F(X) is the corresponding vector of residual
constraint, DF(X},) is the Jacobian matrix of the con-
straints with respect to the free variables and the sym-
bol (-) denotes the Moore-Penrose pseudoinverse. The
vector Xy is the corrected solution obtained after the
Newton update [9].

In this work, the free-variable vector includes the full ini-
tial state and the orbital period 7', while the constraints
vector enforces the equality between the propagated final
state after one period and the initial state,

Zo x(T) — g
Yo y(T) = yo
20 2(T) — 2o
X = || 5 FOX)= [6(D)—io| . ®
Yo 9(T) — 9o
% AT —
|7 L (X))

Here, 1(X) represents a phase condition, imposed by
fixing one initial-state component to a prescribed value.
This additional condition is required because the peri-
odicity equations alone do not isolate a unique solution:
they are invariant under a shift along the orbit or along
the family. The phase condition therefore fixes a unique
representative point on the orbit.

The remaining degree of freedom along the family is han-
dled through pseudo-arclength continuation [14]. This

condition both advances the solution along the family
and selects a unique next member by prescribing its ar-
clength distance from the previous orbit. At each con-
verged solution X ;_1, the tangent direction to the so-
lution branch, namely AXj_;, is obtained from the
nullspace of DF (X _1). A predictor solution is then
generated by moving a prescribed arclength step As
along the tangent direction. The predicted solution
is subsequently refined using the Newton differential-
correction scheme described in (7). The constraint vec-
tor, and the associated Jacobian matrix, are augmented
such that the new solution X, is forced to be shifted by
a stepsize As along the tangent direction:

B F(Xy)
G(Xk) - l:(Xk o kal)T AX]C,1 — As|’ (93)
DG(Xy) = [i@éﬁ)] . (9b)

Stationkeeping Analysis. The long-term parking ca-
pability of each periodic orbit is assessed through a
Floquet-based stationkeeping strategy, whose objective
is to remove the unstable components of the deviation
expressed in the Floquet reference frame [15]. The time-
varying Floquet basis is constructed by propagating the
eigenvectors (Vp) of the monodromy matrix along the
nominal orbit,

E(t) = ®(t,0)V,. (10)

The projection matrix onto the Floquet coordinates is
then givenby P(t) = E~'(t). Atthe k-th control epoch,
the deviation from the reference trajectory, dxy, is de-
fined as the difference between the actual spacecraft state
and its local nearest reference point [16], and is projected
onto the unstable subspace as

where P,(t;) contains the rows of P(t;) associated
with the unstable modes. The correction maneuver
is designed to remove the projected unstable compo-
nent. Since only the velocity is modified, the resulting
minimum-norm impulse is

A’Uk = 7PT (tk)cu(tk), (12)

u,v

where P, , is the velocity block of P,.

For each candidate orbit, the annual stationkeeping cost
is assessed through a Monte Carlo simulation with 1000
samples. Control opportunities are scheduled at fixed 7-
day intervals. The analysis includes initial orbit insertion
errors, modeled as zero-mean Gaussian dispersions with
standard deviations o, = 2 km in position and o, =
1 cm/s in velocity [15], and maneuver execution errors,
modeled as a 5% relative vector error [16] plus a 10>
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m/s absolute error. State-estimation errors are neglected
for simplicity, and the spacecraft state is assumed to be
perfectly known at each correction epoch.

B. Bi-Impulsive Escape Optimization

For each parking orbit considered in this work, a bi-
impulsive escape trajectory is optimized to reach a pre-
scribed outgoing velocity v, at the switching surface.
In the following, v, is used in a patched-conic sense to
denote the outgoing geocentric velocity at this surface,
rather than a true two-body hyperbolic excess velocity.
A bi-impulsive strategy is adopted: the first maneuver
is performed along the parking orbit to target a close
Earth passage, while the second maneuver is applied near
perigee to exploit the Oberth effect [17] and provide the
final velocity increment required for escape.

This strategy is selected as a trade-off between single-
impulse transfers, which allow fast departures but con-
centrate the required velocity increment in one maneuver,
and lower-energy escape mechanisms exploiting weak
stability boundary (WSB) regions and solar perturba-
tions, which typically involve longer transfer times and
a larger design space. More complex maneuvered mech-
anisms, such as reversed-WSB escapes with a perigee
maneuver, may improve the escape efficiency but are left
for future work. The reader is referred to [6] for a com-
prehensive classification of escape strategies.

The escape design is carried out through a two-step pro-
cedure. First, a preliminary grid search is performed on
the selected orbits to identify suitable initial guesses that
lead to a close Earth passage and provide outgoing condi-
tions at the switching surface sufficiently close to the tar-
get values, both in terms of position and velocity. Then,
the best candidates obtained from this preliminary step
are refined through a nonlinear programming (NLP) op-
timization.

Grid Search. The grid search is designed to identify
feasible escape trajectories and provide a suitable initial
guess for the subsequent NLP optimization. The sam-
pled variables are the pseudo-mean anomaly .S, which
identifies the departure point along the parking orbit, the
magnitude of the first maneuver Awy, and two angles, o
and 3, which define its direction as

cos Bsina
Av; = Av;y |cosPcosa . (13)
sin 3
The pseudo-mean anomaly is introduced to distribute the

sampled departure points uniformly along the orbit arc
length and it is defined as

S(r) =225y (14)

where 7 = t/T', T is the orbital period, and

s(r
s

s(r) = /OT |#(u)| du  with T€1[0,1). (15)

For each grid point, the trajectory is propagated until one
of the following events is detected: Earth impact, Moon
impact, close Earth perigee, direct escape, or maximum
propagation time. Only trajectories reaching an Earth
perigee are retained, while all other cases are discarded.
At perigee, a second tangential maneuver is applied. For
computational reasons, the magnitude of this maneuver
is fixed according to the prescribed outgoing target veloc-
ity. Finally, the trajectory is propagated up to the switch-
ing surface, where three figures of merit are used to as-
sess the quality of the candidate trajectory [6]:

Jr
5, = ‘ - = (16a)
Voo
rr(0,)
7y = arccos (’)W) 5 (16b)
B v v (0)
7y = arccos ( s ) . (16¢)

Here, the superscripts + and — denote the target and
achieved quantities at the switching surface, respectively.
The angle 6,,, represents the orientation between the syn-
odic reference frame and the ECLIPJ2000 frame at the
patching epoch.

Optimization Problem Formulation. The trajectory is
refined by means of a constrained nonlinear optimization
procedure in order to enforce the required patching con-
ditions with higher accuracy. The problem is written in
compact form as

min J(x)
x
subjectto  ceq(x) = 0,

Cineq(fv) <0,

T < < Ty,

amn

where x collects the design variables, J is the objective
function, and c.q and cjeq denote the equality and in-
equality constraints, respectively.
As design variables for the optimization, the following
set is adopted:
T = [91, Avg1, A’Uyl, Av,q, trp, Avgs, Avyg, Av,o, tf} T ,
(18)
where 6 is the departure phase along the parking orbit.
The subscripts (+); and (-) refer to the first and second
maneuvers, respectively. The variable ¢7, denotes the
time where the second maneuver is applied, while ¢ is
the final time at which the trajectory reaches the switch-
ing surface.
The objective function accounts for the two main perfor-
mance indicators considered in this work: the maneuver-
ing cost and the total time of flight. It is defined as

J(@) = A ([[Avi ]| + [[Ava[]) + Aotror,  (19)
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with A\; and )\, two weighting coefficients.

The constraints imposed in the optimization include
both terminal patching conditions and continuous-time
collision-avoidance requirements. The former ensure
consistency with the prescribed heliocentric departure
state at the switching surface, while the latter enforce
safe clearance from the primaries along the entire escape
trajectory, as summarized below.

1) Patching constraints. These constraints enforce the
compatibility between the optimized escape trajectory
and the target outgoing conditions at the switching sur-
face. Since this analysis is intended as a preliminary de-
sign step for subsequent higher-fidelity refinements, only
the switching-surface distance is imposed as an equality
constraint. The velocity-magnitude error and the angu-
lar errors in position and velocity are instead bounded by
prescribed tolerances:

ry —rsw =0, (20a)
4, <0.01, (20b)
ny < 5°, (20¢)
0 < 5, (20d)

2) Continuous-time Collision Avoidance. To guarantee a
safe distance from the primaries along the entire trajec-
tory, collision-avoidance constraints are imposed with re-
spect to both the Earth and the Moon. A simple discrete
formulation would require,

Tmin,p < ||'r'lc_7'p’k ‘, kel,...,N, (21)
where N are the discretization nodes of the trajectory and
p € {®, M} denotes the primary. However, enforcing
this condition only at discrete points does not guarantee
collision avoidance between consecutive nodes. There-
fore, following the continuous-time formulation of [18],
the safety condition is imposed as

[ (@) = rp@)I = Tminp =0, V& (22)

To embed this condition into the trajectory propagation,
a smooth per-primary penalty is introduced as a differen-
tiable approximation of the positive-part violation:

ol =l ]\ 7™
oo )

Here, o controls the sharpness of the smooth approxima-
tion, while n > 1 is the penalty exponent.

The original penalty used in [18] is replaced in this work
to improve differentiability within the gradient-based op-
timization.

The dynamical system is then augmented with two ad-
ditional states which collect the time integrals of the

collision-avoidance penalties:

do . Ag
= ’ = 5 0)=0. 24
q [qM] q |:AIL[:| q(0) (24)
The continuous-time collision-avoidance condition is fi-
nally enforced by imposing

q(ty) = 0. (25)

Since each penalty term is non-negative, this terminal
condition is equivalent to requiring the integral of the
violation to vanish, thus enforcing the safety condition
over the full trajectory. The minimum allowable alti-
tudes are set to imin, = 2000 km and Apin, a7 = 500 km
for Earth and Moon, respectively.

The resulting problem in (17) is solved using the MAT-
LAB fmincon function with the sqp algorithm. Analyt-
ical gradients are supplied for the objective function and
all nonlinear constraints to improve convergence robust-
ness and computational efficiency.

C. Heliocentric Leg Definition

The heliocentric leg is introduced to assess the capability
of the escape conditions of being connected to a trajec-
tory intercepting a hazardous object .

Since a full reachability map of the existing PHO pop-
ulation would require a significant computational effort,
two fictitious hazardous objects are generated to repro-
duce heliocentric trajectories impacting with Earth.
Starting from an impact with Earth set to November
12, 2040 the heliocentric orbital parameters of Earth are
modified in order to obtain two trajectories with different
semi-major axis, eccentricity and inclination characteris-
tics. Table 2 summarizes the resulting orbital elements.
The heliocentric transfers are designed in Sun-centered
two-body dynamics by means of a grid search over the
departure epoch at the switching surface and the asteroid
interception epoch. For each pair of dates, a Lambert arc
is computed and the corresponding outgoing velocity at
the switching surface is evaluated [19]. Since the transfer
aims at minimizing the required outgoing velocity mag-
nitude and maximizing the asteroid deviation at the Earth
close-approach epoch, the set of grid-search solutions is
analyzed in a Pareto optimality sense [20]. The best so-
lution is selected as the Pareto candidate closest to the
utopia point, defined as

(26)

o0

2* = [Umin Armax] T .
Leg Optimization. Once a suitable initial guess is se-
lected, the heliocentric leg is refined through a nonlinear
optimization problem, formulated in the general form of
(17). Specifically, the optimization aims to minimize the
required outgoing velocity magnitude v, at the switch-
ing surface, while ensuring that the kinetic impact (KI)
produces at least a prescribed displacement of the aster-
oid at its Earth close approach.
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Table 2. Keplerian elements for the hazardous objects

ID | a[AU] | e[-] | i[°] | Q@[] | w[]]| 0[]
1 | 1.046 | 03912 | 2.024 | 50.22 | 105.6 | 254.4
1.635 | 0.5185 | 6.984 | 50.22 | 66.41 | 293.6

This choice does not directly minimize the Earth—-Moon
escape Av, but it provides a preliminary criterion
since v, represents the target outgoing condition to be
matched by the escape leg. The design variables are de-
fined as follows

z=1[0 6 a B v. Aty At

. @D
where 6 and § define the longitude and declination of the
spacecraft position at the switching surface in the Earth-
inertial J2000 frame, while « and 3 define the direction
of the outgoing velocity v, in the same frame, consis-
tently with the parametrization introduced in (13). Fi-
nally, Aty and Aty are the time shifts applied to the de-
parture and interception epochs with respect to the initial
guess.

Two mission constraints are imposed on the heliocentric
transfer. The first enforces the interception of the aster-
oid at the impact epoch, while the second requires the
post-impact asteroid trajectory to achieve a minimum dis-
placement from Earth at the close-approach epoch:

rsc(tf) — T'A(tf) =0, (28a)
dmin — ||7h (tca) — s (tea)| <0, (28b)

where the + superscript denotes the modified asteroid
trajectory after the kinetic impact.
Finally, the objective function is defined as the squared
magnitude of the required outgoing velocity at the
switching surface:

J(x) =vZ,. (29)
Kinetic Impact Model. The kinetic impact is mod-
eled as an inelastic collision between the spacecraft and
the asteroid. To account for the additional momen-
tum transfer produced by ejecta during crater formation,
a momentum-transfer efficiency factor 5 is introduced.
Following [21], B = 3.6 is adopted, consistently with
DART-like results. The velocity variation imparted to
the asteroid is computed from momentum conservation
as

m

Av A = 6 m M
where vsc — v 4 is the spacecraft velocity relative to the
asteroid at interception, and m and M are the spacecraft
and asteroid masses, respectively. Assuming a spherical
asteroid with density p4 = 2500 kg/m? and diameter D,
the asteroid mass is computed as

(vsc —va), (30)

IV. NUMERICAL RESULTS

This section presents the numerical results of the pro-
posed methodology. First, two representative candidate
orbits are introduced among the analyzed families, to-
gether with their stationkeeping performance. Then, the
corresponding escape trajectories are assessed in terms
of maneuvering cost, time of flight, and compatibility
with the heliocentric transfers. Finally, the resulting as-
teroid deviations are discussed for the considered ficti-
tious hazardous objects.

A. Orbits and Stationkeeping Results

Two resonant periodic orbits, belonging to the 2:1 and
3:1 families, are selected as representative test cases for
the proposed methodology. At this stage, the objective
is not to identify globally optimal staging solutions, but
rather to assess the complete workflow on two dynami-
cally distinct and representative cases. Within each fam-
ily, one orbit is retained as a representative test case. The
initial conditions of the selected orbits are reported in the
synodic frame in non dimensional units in Table 3.

The stationkeeping performance of the two selected or-
bits is then evaluated through the Monte Carlo proce-
dure described in Section III, and the main results are
summarized in Table 4. The results indicate that both
selected orbits exhibit sustainable annual stationkeeping
costs. However, the resonant 2:1 orbit requires a signifi-
cantly lower annual propellant budget. The larger disper-
sion observed for the 3:1 case suggests that its required
correction effort is more sensitive to the direction of the
initial perturbation and to its projection onto the unstable
Floquet modes. Conversely, the 2:1 orbit shows a more
repeatable behavior across the Monte Carlo campaign,
making it the more suitable candidate for long-term stor-
age from a stationkeeping standpoint.

Fig. 1 and Fig. 2 show the nominal and controlled tra-
jectories for the two selected resonant orbits in the ro-
tating system. The grey curves correspond to missed-
thrust-event (MTE) trajectories, obtained by propagating
selected pre-maneuver states without applying the sched-

Table 3. Initial conditions for the candidate orbits.

Orbit x Y|z | Vg Vy v,
3:1 0.0537745 | 0 | O | O 5.2106193 0
2:1 1.0685367 | 0 | O | O | -0.8218546 | 0

Table 4. One-year stationkeeping performance.

Metric 3:1 2:1
Mean Aveyg [m/s per year] 16.738 | 0.92878
Median Awvnmg [m/s per year] 11.996 | 0.87501
Std. dev. Avemg [m/s per year] 15.202 | 0.37913
Mean max. position error [km] | 1838.85 | 267.567
Std. max. position error [km] 1414.26 39.44
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Fig. 1: Resonant 3:1 nominal and controlled orbit.
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Fig. 2: Resonant 2:1 nominal and controlled orbit.

uled stationkeeping correction. For visualization pur-
poses, the MTE trajectories are propagated for 80 days
in the 3:1 case and 150 days in the 2:1 case and they il-
lustrate the natural divergence from the nominal orbit in
the absence of stationkeeping control.

B. Escape and Asteroid Interception

The previous section assessed the long-term parking ca-
pability of the two selected resonant orbits. The next
step is to determine whether these parking orbits can pro-
vide suitable departure conditions for asteroid intercep-
tion. Therefore, this section first presents the optimized
heliocentric transfers and then evaluates the ability of
each Earth-Moon escape trajectory to match the corre-
sponding departure conditions at the switching surface.
In the present test case, two fictitious hazardous objects
with diameter D = 80 m are considered. The earli-
est allowable departure from the switching surface is
set to June 1%, 2035, while the latest allowable asteroid-
interception epoch is October 31%, 2040. The heliocen-
tric legs are optimized using the procedure described in
Section III, imposing a minimum Earth close-approach
distance of 10Rg = 63710 km. The resulting transfer
characteristics are summarized in Table 5.

The optimizer tends to select early departure epochs, con-
firming that a longer time available for the heliocentric
transfer and for the post-impact propagation generally

Table 5. Optimized heliocentric transfers.

Asteroid ID 1 2
Departure [dd/mm/yy] 26/02/36 14/12/35
Arrival [dd/mm/yy] 28/08/36 09/09/36
Required v, [km/s] 3.9936 1.9288
Position angles 6, § [°] 56.03, -6.91 -44.6,2.78
Voo angles a, 5 [°] 61.81,-7.11 | -20.52,-6.73
Deviation achieved [km] 63709.99 117229.09

increases the achievable asteroid deviation. The results
also indicate that the final deviation is not governed only
by the required v, magnitude at the switching surface,
but also by the orbital characteristics of the target aster-
oid. The departure conditions reported in Table 5 define
the target states to be matched by the Earth-Moon es-
cape optimizer. In particular, the departure epoch fixes
the orientation of the synodic system with respect to the
inertial one at the patching time.

Escape Results: Scenario 1. The escape performances
for the first scenario are reported in Table 6. Overall,
the two parking orbits exhibit comparable patching ac-
curacy at the switching surface, with the resonant 2:1
orbit providing an almost perfect match in the position
direction. The main difference is observed in the ma-
neuvering cost as the 3:1 orbit requires nearly 300 m/s
less total escape Awvyo, mainly because the first maneu-
ver is less expensive for this departure geometry. The
time of flight is instead slightly more favorable for the
2:1 transfer, which reaches the switching surface about 1
day earlier. Fig. 3 and Fig. 4 show the optimized escape
trajectories for both orbits in the rotating system.

The close Earth passage allows the optimizer to exploit
the Oberth effect through the second maneuver, while
the collision-avoidance constraint ensures that the trajec-
tory remains outside the prescribed safety region. Al-
though the optimization is performed in the full three-

T T T T —
Parking orbit

- - - Initial guess

= Optimized trajectory
Departure point
Second maneuver
Primaries

Collision avoidance
Earth

y [LU]

-0.04-0.02 10.02 0.04 0.06
L

-1 ).5 0 0.5 1 1.5
x [LU]

Fig. 3: Escape trajectory for Resonant 3:1 to Asteroid 1.
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Table 6. Escape performances for resonant 3:1 and resonant 2:1 for scenario 1.

Scenario 1 | Avp[km/s] | Avs[km/s] | Avior[km/s] | TOF[days] | voo[km/s] O0u[-1 7:-[°] M [°1]

3:1 0.13756 0.81953 0.95709 21.40 3.95367 | 0.999% | 1.6289 | 4.9965
2:1 0.45157 0.81793 1.26950 20.09 3.95367 0.999% | 0.6161 | 4.9965
— Parking orbit
Ly - - - Initial guess Ly T
A —— Optimized trajectory
¢ Departure point
05h @ Second maneuver 05+
) Primaries )
Collision avoidance
Earth
I O . 0r
o} -
= =,
= =
-0.5 -0.5
—— Parking orbit
- - - Initial guess
— Optimized trajectory
-IF -1 ¢ Departure point
] Second maneuver
-0.06 @ Primaries
1.5+ o _15F oo Collision avoidance
-0.04-0.02 10.02 0.04 0.06 0.06:0.0.02  00.02 Earth
] x[LU] . ) . L . x[LU] . . :
-1 ).5 0 0.5 1 1.5 -1 ).5 0 0.5 1 1.5
x [LU] x [LU]

Fig. 4: Escape trajectory for Resonant 2:1 to Asteorid 1

dimensional space, the trajectories are shown as projec-
tions onto the  — y plane for visualization purposes.
This representation is appropriate for the present trans-
fer, since the out-of-plane component remains small and
does not significantly affect the interpretation of the es-
cape geometry.

Escape Results: Scenario 2. The escape performances
for the second scenario are reported in Table 7. The re-
sults are consistent with the trend observed in the pre-
vious case. The two parking orbits provide comparable
patching accuracy at the switching surface, although the
residual errors are slightly larger than in the first scenario.
From a performance standpoint, the resonant 3:1 orbit
again provides the most favorable solution, requiring a
lower total escape Av and a significantly shorter time
of flight. As in the previous case, the difference in total
maneuvering cost is mainly driven by the first impulse.
Fig. 5 and Fig. 6 show the optimized escape trajectories
for the scenario in the rotating system.

The patching conditions at the switching surface for the
resonant 2:1 orbit are shown in Fig. 7. The small resid-
uals between target and achieved states confirm the suit-
ability of the proposed workflow for preliminary trajec-
tory design. Only the patching-condition plot for the res-
onant 2:1 orbit is reported, since the corresponding 3:1
results exhibit the same qualitative behavior and would
be visually repetitive.

Combining the stationkeeping results in Table 4 with

Fig. 5: Escape trajectory for Resonant 3:1 to Asteorid 2

y [LU]

Parking orbit

- = - Initial guess

—— Optimized trajectory
¢ Departure point
@ Second maneuver
©® Primaries

15+ Collision avoidance
0.06:0.0:02  00.02 Earth

. . .

-1 ).5 0 0.5 1 1.5
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Fig. 6: Escape trajectory for Resonant 2:1 to Asteorid 2

the escape performances in Table 6 and Table 7 reveals
a clear trade-off between storage and departure perfor-
mance. The 3:1 orbit requires lower escape Awvyy for the
analyzed targets, but at the cost of a substantially higher
annual stationkeeping requirement. This is especially rel-
evant for a pre-deployed interceptor, since both the target
and the waiting time before deployment are unknown a
priori.

Since escape performance is target-dependent, the ad-
vantage observed for the 3:1 orbit cannot be generalized
without a broader reachability analysis. For the present
cases, however, a conservative estimate suggests that the
3:1 architecture remains preferable for storage durations
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Table 7. Escape performances for resonant 3:1 and resonant 2:1 for scenario 2.

Scenario 1 | Avq[km/s] | Avga[km/s] | Avot[km/s] | TOF[days] | veo[km/s] Oul-] 7r[°1] Mo [°]
3:1 0.12901 0.32463 0.45364 15.81 1.90951 0.9999% | 4.9999 | 4.9999
2:1 0.40247 0.23163 0.63410 22.98 1.90951 0.9998% | 4.2311 | 4.9977

Switching Surface

O Asteroid 1 target Pos.
@ Asteroid 1 obtained Pos.
5 i - -> Asteroid | target v,
——> Asteroid 1 obtained v,

o Asteroid 2 target Pos.

= Asteroid 2 obtained Pos,
- -> Asteroid 2 target v,
—> Asteroid 2 obtained v,

z [LU]
(@}
t

-5

y [LU] x [LU]

Fig. 7: Patching conditions for Resonant 2:1.

shorter than roughly 15-20 years, whereas the 2:1 orbit
becomes more attractive for longer deployments due to
its much lower maintenance cost.

Interception results. The results in Table 5 assume a
spacecraft mass at impact of mgc = 2500 kg, consid-
ered representative of a pre-deployed kinetic interceptor.
While this mass is sufficient for the fictitious cases an-
alyzed here, larger PHO-like asteroids may require sub-
stantially higher momentum transfer to achieve a safe de-
viation. A single heavier interceptor could provide this
capability, but launching and maintaining such a space-
craft in the Earth-Moon environment may be impractical.
A potential alternative is the use of multiple kinetic im-
pactors, as investigated in [22]. By distributing the re-
quired momentum transfer among several lower-mass
spacecraft, the cumulative deflection can be increased
without relying on a single massive interceptor. This
is illustrated in Fig. 8, which shows the total impactor
mass required to obtain a fixed deviation of 10 Earth
radii as a function of asteroid diameter. For an aster-
oid of about 140 m diameter, the required total mass is
approximately 12000 kg for asteroid 1 trajectory, which
could be achieved by a constellation of twelve 1000 kg
impactors. It should be noted that this analysis assumes
a fixed impact trajectory and an equivalent simultaneous
momentum transfer. Optimizing the trajectory and im-
pact conditions of each individual impactor could further
improve the overall deflection efficiency and potentially
reduce the required total interceptor mass.

40000 [— Asteroid 1
— Asteroid 2

30000 |

20000 |

10000

Required total impactor mass [kg]

80 100 120 140 D 180 200
Asteroid diameter [m]

Fig. 8: Impactor mass as a function of asteroid diameter.

V. CONCLUSIONS

This work presents a preliminary design workflow for
assessing candidate Earth-Moon parking orbits for pre-
deployed kinetic impactors. Two representative resonant
orbits, belonging to the 2:1 and 3:1 families, are selected
to test the complete framework. The results highlight
a trade-off between long-term storage capability and es-
cape performance: the 2:1 orbit exhibits a significantly
lower annual stationkeeping cost, whereas the 3:1 orbit
achieves lower escape maneuvering costs for the two fic-
titious hazardous objects considered as test cases. This
shows that orbit selection must be treated as a coupled
design problem, rather than driven by storage efficiency
or escape performance alone.

The results also support the viability of the proposed
pre-deployed interceptor architecture. For the analyzed
cases, the impactor achieves the required asteroid de-
viation with approximately five years of warning time,
while the transfer to the asteroid takes only about seven
to nine months. This indicates that a pre-deployed
spacecraft could still provide interception capability for
shorter-warning scenarios, although the final deviation
depends on the available post-impact propagation time.
Among future developments, a first straightforward ex-
tension is to apply the proposed methodology to a
broader set of orbit families and to multiple members
within each family, in order to generalize the analysis be-
yond the two representative cases considered here. In ad-
dition, reachability maps should be constructed for each
candidate orbit to quantify the accessible heliocentric de-
parture conditions and provide a more complete assess-
ment of the reachable target space.
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On the escape side, the current bi-impulsive strategy
could be expanded toward a larger design space, includ-
ing natural escape mechanisms in higher-fidelity dynam-
ical models and transfer strategies that exploit solar per-
turbations to reduce the departure cost.

Overall, the proposed workflow does not identify an ab-
solute best parking orbit, but establishes a preliminary
framework for comparing candidate Earth—Moon orbits
in terms of stationkeeping cost, escape capability, and
asteroid-deflection performance. This provides a basis
for future systematic studies aimed at designing robust
rapid-response architectures for planetary defense.
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